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ABSTRACT

Transonic flow around supercritical airfoil involves shock induced oscillation
at certain free stream Mach number and angle of attack due to the interaction of shock
wave with airfoil boundary layer. This interaction consequences fluctuating lift and
drag coefficient, aero acoustic noise and vibration, intense drag rise, high cycle
fatigue failure (HCF), buffeting and so on. Moreover, the unsteady pressure
fluctuations generated by the shock motions are highly undesirable from structural
integrity and aircraft maneuverability point of view. The aerodynamic characteristics
of the present problem have been solved by numerical computation. A commercial
finite volume CFD package has been used for this computation. The computational
domain has been discretized into a structured mesh by using a commercial
preprocessing tool. The transonic flow around a supercritical airfoil is governed by
the unsteady compressible Reynolds-averaged Navier-Stokes equation together with
the energy equation. Two additional equations of k- SST turbulence model have
been included to model the turbulence in the flow field. The results obtained from the
numerical computation have been validated with the experimental results.
Maintaining same flow parameters computational analysis has been done at free
stream Mach number 0.77 and angle of attack from 2° to 7°. Mach contour, lift and
drag coefficient, pressure coefficient and pressure history at different points over the
airfoil has been captured and analyzed. To suppress the self-excited shock oscillation
effectiveness of bump based passive control technique around the airfoil in transonic

interval flows has been numerically analyzed and found its effectiveness.
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CHAPTER 1

INTRODUCTION

When an aircraft flies at transonic speed range (0.8 < M, < 1.2), airfoil faces shock
wave due to the compressibility effect and aerodynamic behavior of air. This phenomenon
leads to reduced lift coefficient and imposes overstress on airfoil surface which eventually
limits aircraft speed. To delay the shock induced boundary layer separation and to further
extend the flight envelope, a special design airfoil was invented - known as supercritical
airfoil. At certain range of angle of attack and Mach number, the shock starts to oscillate over
the airfoil surface known as Shock Induced Oscillation (SIO). This unsteady phenomenon is
also observed in other aeronautical applications such as on turbine cascade, compressor

blades, fans, diffusers and so on.

1.1 Transonic Flow

When an airplane is in motion at subsonic speeds, the air is treated as though it was
incompressible. As airplane speed increases, however, the air loses its assumed
incompressibility and the error in estimating, for example, drag becomes greater and greater.

The Mach number is a measure to indicate whether the aircraft will flow through its
assumed incompressibility or not. It is the ratio of the airplane speed to the speed of sound.
For Mach numbers less than one is known as subsonic flow, for Mach numbers greater than
one, supersonic flow, and for Mach numbers greater than 5, the name is hypersonic flow.
Additionally, transonic flow pertains to the range of speeds in which flow patterns change
from subsonic to supersonic or vice versa, about Mach 0.8 to 1.2. Transonic flow presents a

special problem area as neither equations describing subsonic flow nor those describing



supersonic flow may be accurately applied to the regime. The sudden loss of lift, increases in
drag and rapid movement in centre of pressure are similar in flight to those experienced at the
stall and this flight regime became known as the shock stall.

To appreciate why the aerofoil characteristics begin to change so dramatically we
recall the properties of shock waves the first appearance of which signals the start of the
change. Across the shock wave, which is the only mechanism for a finite pressure increase in
supersonic flow, the pressure rise is large and sudden. More over the shock wave is a process
accompanied by an entropy change which manifests itself as an immediate rise in drag, i.e. an
irreversible conversion of mechanical energy to heat (which is dissipated) takes place and
sustaining this loss results in the drag. The drag increase is directly related to the strengths of
the shock waves which in turn depend on the magnitude of the supersonic regions ahead.
Another contribution to the drag will occur if the boundary layer at the foot of the shock
separates as a consequence of accommodating the sudden pressure rise.

The question arises as to whether one may impart the ability to fly at near-sonic
velocities with the same available engine thrust before encountering large wave drag. There
are a number of ways of delaying the transonic wave drag rise. These include
(1) Use of thin airfoils;

(2) Use of a forward or backward swept wing;
(3) Low-aspect-ratio wing;
(4) Removal of boundary layer and vortex generators; and
(5) Supercritical and area-rule technology.
These airfoils have critical Mach numbers very close to one (hence the term

supercritical) thereby delaying and reducing the large increase in drag due to wave drag.



1.2 Critical Mach Number

When the air flows past a body, or vice versa, e.g. a symmetrical aerofoil section at
low incidence, the local airspeed adjacent to the surface just outside the boundary layer is
higher or lower than the free-stream speed depending on whether the local static pressure is
less or greater than the ambient. In such a situation, the value of the velocity somewhere on
the aerofoil exceeds that of the free stream. Thus the free stream flow speed rises the Mach
number at a point somewhere adjacent to the surface reaches sonic conditions before the free
stream. The value of the free-stream Mach number (M), at which the flow somewhere on the
surface first reaches M,=1 is called the ‘critical Much number’ (figure 1.1). Below that

critical Mach number the flow is subsonic throughout.

M=
hY
M >
M>|
My=1.2
M=>|
M=>| M=\
M=\
My=2.0

Figure 1.1: Flow development on two dimensional airfoil as M., increases beyond M.,



As M, is increased progressively beyond M, a limited region in which the flow is
supersonic develops from the point where the flow first became sonic and grows outwards
and downstream, terminating in a shock wave that is at first approximately normal to the
surface. As M, increases the shock wave becomes stronger, longer and moves rearwards. At
some stage, at a value of M,>M,, the velocity somewhere on the lower surface approaches
and passes the sonic value, a supersonic region terminating in a shock wave appears on the
lower surface, and that too grows stronger and moves back as the lower supersonic region
increases.

Eventually at a value of M., close to unity the upper and lower shock waves reach the
trailing edge. In their rearward movement the shock waves approach the trailing edge in
general at different rates, the lower typically starting later and ahead of the upper, but moving
more rapidly and overtaking the upper before they reach the trailing edge. When the free-
stream Mach number has reached unity a bow shockwave appears at a small stand-off
distance from the rounded leading edge. For higher Mach numbers the extremes of the bow

and trailing waves incline rearwards to approach the Mach angle.

1.3 Shock buffet

At transonic and supersonic speeds, there is a substantial increase in the total drag of
the airplane due to fundamental changes in the pressure distribution. This drag increase
encountered at these high speeds is called ‘wave drag’. For transonic flow, the wave drag
increase is greater than would be estimated from a loss of energy through the shock. In fact,
the shock wave interacts with the boundary layer so that a separation of the boundary layer
occurs immediately behind the shock. This condition accounts for a large increase in drag

that is known as shock-induced (boundary-layer) separation.



Often, in transonic flow, the flow is unsteady, and the shock waves on the body
surface may jump back and forth along the surface, thus disrupting and separating the flow
over the wing surface. This sends pulsing, unsteady flow back to the tail surfaces of the
airplane. The resulting phenomena is known as buffeting and vibration of both wing and tail
controls.

The flow physics regarding buffeting is that the movement of the shock leads to the
formation of pressure waves which propagate downstream within the separated flow region.
On reaching the trailing edge, the disturbance generates upstream-moving waves, which
interact with the shock wave and impart energy to maintain the limit cycle. Unlike the
downstream waves, the upstream-moving waves travel in the region outside the separated

boundary layer.

1.4 Supercritical airfoil

An airfoil considered unconventional when tested in the early 1970s by NASA at the
Dryden Flight Research Center is now universally recognized by the aviation industry as a
wing design that increases flying efficiency and helps lower fuel costs. Called the
supercritical airfoil, the design has led to development of the supercritical wings (SCW) now
used worldwide on business jets, airliners and transports, and numerous military aircraft.

A concerted effort within the National Aeronautics and Space Administration
(NASA) during the 1960's and 1970's was directed toward developing practical airfoils with
two-dimensional transonic turbulent flow and improved drag divergence Mach numbers
while retaining acceptable low-speed maximum lift and stall characteristics and focused on a
concept to develop the supercritical airfoil.

The early phase of this effort was successful in significantly extending drag-rise Mach

numbers beyond those of conventional airfoils such as the National Advisory Committee for



Aeronautics (NACA) 6-series airfoils. These early supercritical airfoils (denoted by the
SC(phase 1) prefix), however, experienced a gradual increase in drag at Mach numbers just
preceding drag divergence (referred to as drag creep). This gradual buildup of drag was
largely associated with an intermediate off-design second velocity peak (an acceleration of
the flow over the rear upper-surface portion of the airfoil just before the final recompression
at the trailing edge) and relatively weak shock waves above the upper surface.

Improvements to these early, phase 1 airfoils resulted in airfoils with significantly
reduced drag creep characteristics. These early, phase lairfoils and the improved phase 1
airfoils were developed before adequate theoretical analysis codes were available and
resulted from iterative contour modifications during wind-tunnel testing. The process
consisted of evaluating experimental pressure distributions at design and off-design
conditions and physically altering the airfoil profiles to yield the best drag characteristics
over a range of experimental test conditions. The insight gained and the design guidelines
that were recognized during these early phase 1 investigations, together with transonic,
viscous, airfoil analysis codes developed during the same time period, resulted in the design

of a matrix of family-related supercritical airfoils (denoted by the SC(phase 2) prefix).



1.5 Comparison between conventional and supercritical airfoil
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Figure 5. Flow fields around supercritical and conventional airfoils.

Figure 1.2: Flow fields around supercritical and conventional airfoils.

Conventional wings are rounded on top and flat on the bottom. The supercritical wing
is flatter on the top, rounded on the bottom, and the upper trailing edge is accented with a
downward curve to restore lift lost by flattening the upper surface. At speeds in the transonic
range just below and just above the speed of sound the supercritical wing delays the
formation of the supersonic shock wave on the upper wing surface and reduces its strength,
allowing the aircraft to fly faster with less effort.

A comparison of supercritical flow phenomena for a conventional airfoil and the
NASA supercritical airfoils shown in figure 1.2 As an airfoil approaches the speed of sound,
the velocities on the upper surface become supersonic because of the accelerated flow over
the upper surface, and there is a local field of supersonic flow extending vertically from the
airfoil and immersed in the general subsonic field. On conventional airfoils this pocket of

accelerating supersonic flow is terminated near mid-chord by a more or less pronounced



shock wave with attendant wave losses. This shock wave is followed immediately by a
decelerating flow to the trailing edge. The pressure rise through the shock wave may, when
superimposed on the adverse pressure gradient at the trailing edge, cause separation of the
boundary layer with further increases in drag as well as buffeting and stability problems.

The surface pressure distribution and flow field shown at the bottom of figure 1.2 are
representative of those obtained for NASA supercritical airfoils. The upper-surface pressure
and related velocity distributions are characterized by a shock location significantly aft of the
mid-chord, an approximately uniform supersonic velocity from about 5 percent chord to the
shock, a plateau in the pressure distribution downstream of the shock, a relatively steep
pressure recovery on the extreme rearward region, and a trailing-edge pressure slightly more
positive than ambient pressure. The lower surface has roughly constant negative pressure
coefficients corresponding to subcritical velocities over the forward region and a rapid
increase in pressure rearward of the mid-chord to a substantially positive pressure forward of
the trailing edge.

To give some idea of the practical benefit of the supercritical airfoil, US Air Force
and NASA researchers under the auspices of the Transonic Aircraft Technology (TACT)
program modified a basic F-111 bomber and replaced the existing NACA 64-210 wing airfoil
with a supercritical shape of equal thickness. In so doing, they managed to increase the drag
divergence Mach number by 16%, from Mach 0.76 to Mach 0.88. This example illustrates
how significant the use of supercritical airfoils can be in improving the performance of

aircraft cruising in the transonic regime



1.6 NASA SC(2) 0714 airfoil profile
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Figure 1.3: Profile of NASA SC(2)-0714 supercritical airfoil

Figure 1.3 shows a NASA SC(2)-0714 Supercritical airfoil profile which has a flat-
on-top "upside-down" look. As air moves across the top of a supercritical airfoil it does not
speed up nearly as much as over a curved upper surface. This delays the onset of the
shockwave and also reduces aerodynamic drag associated with boundary layer separation.
Lift that is lost with less curvature on the upper surface of the wing is regained by adding
more curvature to the upper trailing edge.

The disadvantage of this approach is that aft-loaded wings shift the center of lift back
which necessitates moving the wings forward. This design tradeoff results in larger pitching
moments, the need for larger and heavier control surfaces, and the need for stronger and

heavier wing structures.



1.7 NASA SC(2) 0714 airfoil specification

Thickness : 14.0% ¢
Camber : 1.5%c
Trailing edge angle :3.9°
Lower flatness : 1.9%c
Leading edge radius : 3.0%c
Max C; : 1.435
Max C; angle o 15°
Max L/D : 25.804
Max L/D angle :0°
Stall angle ;o 3.5°
Zero-lift angle o =5.0°
Polar Lift
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Figure 1.4: Graph of C;vs C, (a) and C; vs Angle of Attack (b) for different Reynolds number
of NASA SC(2) 0714 airfoil. (Source: www.worldof krauss.com/foils/270).
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1.8 Objective

The specific objectives and outcome of the research work are as follows:
(a) To develop a computational model to predict the self-sustained shock oscillation
around a supercritical airfoil NASA SC(2)-0714 in transonic flows.
(b) To investigate the self-sustained shock oscillation at varying angles of attack from 2°
to 7°.
(c) To predict the suppression of self-excited shock oscillation around the supercritical
airfoil using bump.
The goal of the present research is to evaluate the bump based passive means for the control
of self-sustained shock oscillation around a supercritical airfoil through numerical

computation.
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CHAPTER 2

LITERATURE REVIEW

In case of high speed aerodynamics such as in transonic and supersonic flows;
unsteady interaction of shock waves with boundary layers becomes complex and generates
the self sustained shock oscillation in the flow field [1-2]. Attempts have been made to
formulate a model to predict the unsteady shock motion, but so far a satisfactory explanation
of the mechanism of self-sustained shock oscillation and a method to estimate the frequency
about which the shock wave oscillates are still lacking. A mechanism to estimate frequency
of self-sustained shock motion observed in transonic shock boundary-layer interaction has
been described in [3] where is was showed that the time it takes a disturbance to propagate
from the shock to the trailing edge plus the additional time it takes for an upstream traveling
wave generated at the trailing edge to reach the shock agree quite closely with the period of
shock oscillation measured from unsteady force spectra beyond the buffet onset boundary.

Shock wave/boundary layer interactions (SBLI) can significantly affect the
performances of various high-speed aircraft, such as wings of transport and inlets of military
jets. Two primary applications include reducing drag penalties incurred by either operating an
aircraft at increased speed (increase drag divergent Mach number), or flying at a higher lift
coefficient without buffeting [4-5] (increase buffeting boundary).

Periodic shock motions on airfoils at transonic flow conditions had been observed
experimentally [6-8] for more than a decade. They have also been detected from numerical
solutions of the Navier-Stokes equations [9] and recently by an unsteady viscous-inviscid
interaction method [10]. For a limited range of Mach number buffet onset was well-studied
for the shock buffet of 18% thick circular arc airfoil. The studies of Gilan [11] and Rumsey et

at. [12] on 18% thick circular arc airfoil and that of McDevitt et al. [13] on 14% thick-
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circular arc non-lifting airfoil are good examples of this phenomenon. Buffet onset for NACA
0012 has been simulated well by Singh [14] and it is seen to be in good agreement with the
experimental data.

Steady interactive boundary layer and Navier-Stokes solutions of the NACA 0012
airfoil have been previously published [15-16] and compared with the steady data of [17].
Shock buffet interactive boundary layer computations for the same airfoil have been shown in
previous publications with a time accurate integral boundary layer and the classical transonic
small disturbance (TSD) equation [18] and a TSD using an Euler-like stream wise flux and a
steady integral boundary layer [19]. The interactive boundary layer approach has given shock
buffet onset for the NACA 0012 airfoil that compares well with the onset of [20]. Ref [19 and
21] encourages one to pursue further investigation with this method. Although it is generally
accepted that the boundary layer assumption is violated in many problems of this type, the
interactive boundary layer method does make possible a broader study of the problem due to
its efficiency. That is done by interactive boundary layer method using the CAP-TSD
(Computational Aero elasticity Program) potential code with a modified stream wise flux
[22] and an unsteady compressible boundary layer solved in finite difference form. Results
are presented for several variations of the k-w turbulence model.

Recently, numerical prediction of shock induced oscillations (SIO) over OAT15A and
BAC3-11 airfoils was performed [23-24]. Compared to the non-lifting and conventional
airfoils, the study of lifting supercritical airfoils is at a lesser extent. An attempt on the
buffeting flow over BGK NO. 1 supercritical airfoil was taken in recent past [25]. The shear
stress transport form of the model is used to compute details of the shock buffet of the NASA
SC(2)-0714 airfoil [26]. Comparisons with the experimental shock buffet data at high
Reynolds numbers of [26] are shown at several Reynolds numbers; this represents the first

numerical study of the effect of turbulent boundary layer Reynolds number scaling on shock
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buffet onset. Previous unsteady thin-layer Navier-Stokes shock buffet results for a
conventional and supercritical airfoil using the Baldwin-Lomax model and flux differences
using artificial smoothing were shown by other authors in references [27-28]. Thin-layer
Navier-Stokes computations are shown [29] using the Menter k-o shear stress transport
(SST) and the Spalart-Allmaras (SA) turbulence models. Thin-layer Navier-Stokes results
with a steady separated shock are shown that compare well with the steady interactive
boundary layer results; these are followed with thin-layer Navier-Stokes computations in the
shock buffet onset regions of the two airfoils.

Rivers and Walls [30] determines the capability of a state-of-the-art, upwind, thin-
layer Navier-Stokes flow solver to predict steady-state Reynolds number effects for flow over
a two- dimensional NASA SC(2)-0714 supercritical airfoil. The study demonstrated that the
computational solutions could be significantly influenced by the computational treatment of
the trailing-edge region of a blunt trailing- edge airfoil. The study also demonstrated the
necessity of matching computational and experimental flow conditions. To order to capture
turbulence modeling correctly, previous research like [31—33] has revealed that the accuracy
of the numerical calculations is mainly dictated by the accuracy of the turbulence model.
Almost all of the simulations are concerned with two-dimensional calculations. A complete
study (turbulence models, numerical schemes) of URANS calculations concerning the
OATI15A supercritical airfoil has been recently performed by Brunet [34]. His study shows
that URANS calculations are able to predict quite well the main properties of the flow (rms,
pressure distribution) but often need to increase the angle of attack in the calculation
compared to the experimental value. And DES has been developed to handle massive
separated flows that rapidly develop strong instabilities associated with large-scale structures.
Nevertheless, not very many publications [35] are devoted to DES of thin-layer separation,

especially when shock/boundary layer interactions occur.[36]. Deck [37] assessed the
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capability of DES to capture the buffet phenomenon at the experimental angle of attack and
analyze unsteady features of the flow to discuss the mechanisms of buffet onset.

Moreover, the control of the self-sustained shock oscillation around an airfoil is
getting intense interest for the last several years. Stanewsky [38] widely provided various
conventional and novel means of boundary layer and flow control applied to moderate-to-
large aspect ratio wings, delta wings and bodies with the specific objectives of drag
reduction, lift enhancement, separation suppression and the improvement of air-vehicle
control effectiveness. In principle, flow control techniques have one or more of the following
objectives: suppression of flow breakdown and buffet, reduction of viscous drag and wave
drag. Control techniques which fulfill all of these objectives have not yet been developed. As
a result, many active and passive control techniques are being investigated. Passive and
active shock and boundary layer control were thoroughly investigated in the EU-projects
EUROSHOCK 1 and II-Drag reduction by shock and boundary layer control [39]. Active
shock control using suction, blowing as well as zero-mass flux oscillatory blowing are
introduced in aerodynamic applications [40-41]. Djayapertapa and Allen [42] showed a flight
control system during trailing edge flap motion to actively control during shock oscillation
and shown that active control is still effective when there is free-play in the control surface
hinge. Qin et al. [43] shows the effectiveness of a number of active devices for the control of
shock waves on transonic aerofoils using numerical solutions of the Reynolds-averaged
Navier-Stokes equations. The numerical simulations highlight the benefits and drawbacks of
the various control devices for transonic aerodynamic performance and identify the key
design parameters for optimization. Currently, micro-blowing as flow control technique is
proposed [44].

Beyond these, there are some passive control techniques which are economically

more viable such as local geometrical changes of the aerofoil profile by a local bump near the
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foot of the shock termed as shock control bump, micro ramp and so on [45-47]. Other passive
control techniques are by implementing a porous surface at the foot of the shock [48-49], and
local slots and grooves [50].

The shock control bump aims to replace the normal transonic shock with near
isentropic compression or break it up into multiple weaker shocks, e.g. a A-shock structure,
which significantly weakens the shock strength and hence the wave drag. A number of
studies have shown that appropriately designed two-dimensional bumps are very effective in
reducing wave drag, and can substantially improve aircraft performance, as investigated.
However, two-dimensional bumps are only effective over a narrow operational range. This
drawback could be overcome by the introduction of an adaptive device [51-52] but this would
imply a further increase of system weight that might erode the benefit of the potential drag
reduction. Thus, alternative shock control devices, which are potentially beneficial over a
wider range of operating conditions have been proposed, e.g. slots, grooves and three-
dimensional bumps [53-54] have investigated the aerodynamic performance of an array of
three-dimensional bumps placed upon a constant section wing with a natural laminar flow
aerofoil profile (RAE5243). Their preliminary results suggested that it is possible for
appropriately designed three-dimensional bumps to be as effective as two-dimensional bumps
while also overcoming the limitations of two-dimensional bumps under off design conditions
Parallel experimental studies by Holden et al. [53] on various three-dimensional bump shapes
installed on the wind tunnel wall have clearly demonstrated the ability of three-dimensional
bumps to bifurcate a shock wave. A fully 3D design of a contour bump for a transonic wing
by RANS computations was performed with a cooperation between DLR, ONERA and
Airbus Germany [55].The bump design was verified by the wind tunnel tests on a half model
in the ONERA S2MA facilities.Significant effect of bump location and height on RAE5243

aerofoil has been numerically investigated in [56].
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Yun et al. [57] investigate supercritical Airfoil RAE2822 superimposed with different
shock control bumps under the transonic conditions Based on improving the airfoil’s lift-drag
ratio, the study shows that, (1) the best bump crest position is at the position close to 50% of
bump chord, which is almost independent of free stream or pre-shock Mach numbers, but the
bump height is highly coupled with the crest position, which means that the higher the bump
is, the more obviously the crest position affects the airfoil lift-drag ratio, and it becomes more
evident with the increase of free stream or pre-shock Mach numbers; (2) in case that the lift-
drag ratio of airfoil with bump is higher than basic airfoil, almost all the optimum distances
between bump crest and shock wave are close to 30% of bump chord; (3) almost all the lift-
drag ratios of airfoil with bump increase as bump chord length increases, of which this trend
becomes more evident as bump height increases; (4) with the increase of the bump height,
almost all the lift-drag ratios of airfoil with bump decrease at low free stream or pre-shock
Mach numbers. When the Mach numbers are higher, the lift-drag ratio of airfoil increases as
the increase of the bump height, and particularly, the trend tends to be visible when the Mach
numbers are at a high level.

For most modern large aircrafts, the supercritical wing with high aspect ratio is widely
used. The flow structure of the most area on the wing (far away from the wing tip and root) is
quite similar to typical 2D airfoil. Therefore this paper focuses on the supercritical airfoil and
its parameter variations under different free stream conditions. Two dimensional wind tunnel
experimental data involving NASA SC(2)-0714 supercritical airfoils with steady and pitching
conditions were presented in [26] by Bartels and Edwards. The experiments were carried out
at NASA Langley 0.3-Meter Transonic Cryogenic Tunnel where it was promising to produce
shock buffet behavior on the airfoil and store them.

The general objective of the present research is computational study to investigate the

self-sustained shock oscillation around a supercritical airfoil NASA SC(2)-0714 using Shear-
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Stress Transport k-w Model. Further, to implement a bump over the shock foot region as a
passive means of flow control device. The transonic flows around a supercritical airfoil using

this passive means will be investigated through numerical computation.
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CHAPTER 3

COMPUTATIONAL METHOD

3.1 Computational Study

The equations of fluid dynamics which have been known for over a century are
solvable for only a limited number of flows. The known solutions are extremely useful in
helping to understand fluid flow but rarely can they be used directly in engineering analysis
or design. The engineer has traditionally been forced to use other approaches.

In the most common approach, simplifications of the equations are used. These are
usually based on a combination of approximations and dimensional analysis; empirical input
is almost always required. In fluid flow analysis, there may require several dimensionless
parameters for their specification and it may be impossible to set up an experiment which
correctly scales the actual flow.

In other cases, experiments are very difficult if not impossible. For example, the
measuring equipment might disturb the flow or the flow may be inaccessible. As
technological improvement and competition require more careful optimization of designs or,
when new high technology applications demand prediction of flows for which the database is
insufficient, experimental development may be too costly and time consuming. Finding a
reasonable alternative is essential.

An alternative method came with the birth of electronic computers. Although many of
the key ideas for numerical solution methods for partial differential equations were
established more than a century ago, they were of little use before computers appeared. Once
the power of computers had been recognized, interest in numerical techniques increased

dramatically.
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3.1.1 Concepts of CFD

Solution of the equations of fluid dynamics on computers has become so important
that it now occupies the attention of perhaps all researchers in fluid mechanics. The field is
known as Computational Fluid Dynamics (CFD). The ultimate goal of the field of
computational fluid dynamics (CFD) is to understand the physical events that occur in the
flow of fluids around and within designated objects. These events are related to the action and
interaction of phenomena such as dissipation, diffusion, convection, shock waves, slip
surfaces, boundary layers and turbulence.

CFD provides numerical approximation to the equations that govern fluid motion.
Application of the CFD to analyze a fluid problem requires the following steps. First, the
mathematical equations describing the fluid flow are written. These are usually a set of partial
differential equations. These equations are then discretized to produce a numerical analogue
of the equations. The domain is then divided into small grids or elements. Finally, the initial
conditions and the boundary conditions of the specific problem are used to solve these
equations. The solution method can be direct or iterative. In addition, certain control

parameters are used to control the convergence, stability, and accuracy of the method.
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3.1.2 Techniques for Numerical Discretization

In order to solve the governing equations of the fluid motion, first their numerical
analogue must be generated. This is done by a process referred to as discretization. In the
discretization process, each term within the partial differential equation describing the flow is
written in such a manner that the computer can be programmed to calculate. There are
various techniques for numerical discretization. Here we will introduce three of the most
commonly used techniques, namely:

(1) The finite difference method,
(2) The finite element method and
(3) The finite volume method.

Spectral methods are also used in CFD, method of generating a numerical analog of a
differential equation is by using fourier series or series of Chebyshev polynomials to
approximate the unknown functions. However, most commercial CFD codes use the finite-
volume or finite-element methods which are better suited for modeling flow past complex
geometries.

Broadly, the strategy of CFD is to replace the continuous problem domain with a
discrete domain using a grid. In the continuous domain, each flow variable is defined at every
point in the domain. For instance, the pressure p in the continuous 1D domain shown in the
figure below would be given as

p=px),0<x<I

In the discrete domain, each flow variable is defined only at the grid points. So, in the

discrete domain shown below, the pressure would be defined only at the N grid points.

pi=pxi),i=1,2,... N
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Continuous Domain Discrete Domain
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conditions in continuous discrete variables
variables

In a CFD solution, one would directly solve for the relevant flow variables only at the
grid points. The values at other locations are determined by interpolating the values at the
grid points. The governing partial differential equations and boundary conditions are defined
in terms of the continuous variables p, V etc. One can approximate these in the discrete
domain in terms of the discrete variables p;, V;etc. The discrete system is a large set of
coupled, algebraic equations in the discrete variables. Setting up the discrete system and
solving it (which is a matrix inversion problem) involves a very large number of repetitive
calculations and is done by the digital computer. This idea can be extended to any general

problem domain.
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3.1.3 Discretization Using The Finite-Volume Method

N

)
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Figure 3.1: Airfoil case grid

The above figure (figure 3.1) shows the grid used for solving the flow over an airfoil.
Looking closely at the airfoil grid, it is seen that it consists of quadrilaterals. In the finite-
volume method, such a quadrilateral is commonly referred to as a “cell” and a grid point as a
“node”. In 2D, one could also have triangular cells. In 3D, cells are usually hexahedral,
tetrahedral, or prisms. In the finite-volume approach, the integral form of the conservation
equations are applied to the control volume defined by a cell to get the discrete equations for

the cell. The integral form of the continuity equation for steady, incompressible flow is

f V.n'ds=0 6))
S

The integration is over the surface S of the control volume and n’ is the outward
normal at the surface. Physically, this equation means that the net volume flow into the

control volume is zero. Consider the rectangular cell shown below.
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The velocity at face i is taken to be V;=u;i + v; j . Applying the mass conservation equation
(1) to the control volume defined by the cell gives
uiAy — vaAx + usAy + v4Ax =0

This is the discrete form of the continuity equation for the cell. It is equivalent to
summing up the net mass flow into the control volume and setting it to zero. So it ensures
that the net mass flow into the cell is zero i.e. that mass is conserved for the cell. Usually the
values at the cell centers are stored. The face values u; v, etc. are obtained by suitably
interpolating the cell-center values at adjacent cells.

Similarly, one can obtain discrete equations for the conservation of momentum and
energy for the cell. One can readily extend these ideas to any general cell shape in 2D or 3D

and any conservation equation.
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3.2 Turbulence Modeling

Turbulence modeling is a key issue in most CFD simulations. Virtually all fluid dynamics

engineering applications are turbulent and hence require a turbulence model.

3.2.1 Classes of turbulence models

Nowadays turbulent flows may be computed using several different approaches. Either by
solving the Reynolds-averaged Navier-Stokes equations with suitable models for turbulent

quantities or by computing them directly. The main approaches are summarized below.

(1) RANS-based models
(A). Linear eddy-viscosity models
(I) Algebraic models
(IT) One equation models
(III) Two equation models
(A). k-e€models
1. Standard k- € models
2. Realisable k- € models
3. RNG k- € models
4. Near-wall treatment
(B). k- models
1. Wilcox's k~w models
2. Wilcox's modified k~» models
3. SST k- model
4. Near-wall treatment

(B). Non-linear eddy viscosity models and algebraic stress models
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(C). Reynolds stress transport models
(2). Large eddy simulations (LES)
(3). Detached eddy simulations (DES) and other hybrid models

(4). Direct numerical simulations (DNS)

3.2.2 RANS Equation Averaging
In Reynolds averaging, the solution variables in the instantaneous (exact) Navier-
Stokes equations are decomposed into the mean (ensemble-averaged or time-averaged) and
fluctuating components. For the velocity components:
Ui=lli+ U’
where u; and u'; are the mean and fluctuating velocity components (i = 1; 2;
3).Likewise, for pressure and other scalar quantities:
p=¢p+to
Where ¢ denotes a scalar such as pressure, energy, or species
concentration.Substituting expressions of this form for the flow variables into the
instantaneous continuity and momentum equations and taking a time (or ensemble) average
(and dropping the overbear on the mean velocity, zzyields the ensemble-averaged momentum
equations.

They can be written in Cartesian tensor form as:

du; (Suj 2 5u1>

5X/ 6X,-_§ Tsx ( PUIU/)

5

Above equations are called Reynolds-averaged Navier-Stokes (RANS) equations.
They have the same general form as the instantaneous Navier-Stokes equations, with the

velocities and other solution variables now representing ensemble-averaged (or time-
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averaged) values. Additional terms now appear that represent the effects of turbulence. These

Reynolds stresses, —pu';uj must be modeled in order to close Equation (2).

3.2.3 k- Model Overview

The k-w model is one of the most commonly used turbulence models. It is a two
equation model that means, it includes two extra transport equations to represent the turbulent
properties of the flow. This allows a two equation model to account for history effects like

convection and diffusion of turbulent energy.

The first transported variable is turbulent kinetic energy, k. The second transported
variable in this case is the specific dissipation ,w. It is the variable that determines the scale of

the turbulence, whereas the first variable ,k. determines the energy in the turbulence.

3.2.4 Shear-Stress Transport k-w Model Overview

The shear-stress transport (SST) k- model was developed by Menter to effectively
blend the robust and accurate formulation of the k-w model in the near-wall region with the
free-stream independence of the k- model in the far field. To achieve this, the k-e model is

converted into a k-w formulation. The SST k-w model is similar to the standard k- model,

but includes the following refinements:

e The standard A-w model and the transformed k-w model are both multiplied by a

blending function and both models are added together. The blending function is
designed to be one in the near-wall region, which activates the standard &-w model,

and zero away from the surface, which activates the transformed k- € model.
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e The SST model incorporates a damped cross-diffusion derivative term in the ®
equation.
e The definition of the turbulent viscosity is modified to account for the transport of the
turbulent shear stress.
e The modeling constants are different.
These features make the SST k- model more accurate and reliable for a wider class of flows
(e.g., adverse pressure gradient flows, airfoils, transonic shock waves) than the standard
k- model. Other modifications include the addition of a cross-diffusion term in the ®
equation and a blending function to ensure that the model equations behave appropriately in

both the near-wall and far field zones.

3.3 Governing Equations for Turbulence Modeling

The flow in this study is considered to be viscous, compressible, turbulent and
unsteady. Governing equations for the present numerical simulations are the conservation of

mass, conservation of momentum and energy equations written in 2-D coordinate system.

Two additional transport equations of k-w SST (Shear Stress Transport) turbulence model are
included to model the turbulence in the flow field. The governing equation can be written in

the following vector form:

oU OE OF OR 0S

E-Fa-*'@—a-*'@-l—fl (1)

Here Uis the conservative flux vector. E and F are the inviscid flux vectors and R and
§ are the viscous flux vectors in the x and y directions, respectively. H is the source terms

corresponding to turbulence. The flux vector and the inviscid flux terms are:
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pu

pu®+ P
puv

u(E; + P)
puk
puw

-

Here, E;is the total energy, and it can be expressed as:

1
E. = pCpT +3 p(u? + v?)

pv
puv

pv:+P

v(E; + P)
puk
pYvm

(2)

(3)

In above equations, pis the density, Cp is the specific heat, T is the temperature, u- and v- are

the velocity components in x- and y- directions, respectively. k is turbulence kinetic energy

and w is specific dissipation rate.P is the pressure and it is assumed to follow the ideal gas

equation. The viscous term in Eq. (1) are:

Where

O = UTy, + VUTyy — Qx

B = UTyy + UTyy — Gy

The stress terms in Eq. (4) can now be written as follows:

2

Txx :§ﬂ 2

( du Jdv
dx Ody

Ju Jv

Tay = “(W@)
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Under equilibrium conditions, Fourier’s law is used to relate the heat transfer rates g, and q,,

with the temperature gradient:

T 10
= KaT 11

The thermal conductivity, K can be related to the molecular viscosity, u using kinetic theory

of gases:
UCp
K=— 12
pr (12)
Here Pr is the Prandtl number and assumed to be 0.71.
The turbulent viscosity y; is calculated as follows:
pk 1
w1 (13)
@ max [i, Sk
ataw

The coefficient a* damps the turbulent viscosity causing a low-Reynolds-number

correction.It is given by

ay + Re: /Ry
f= gl | —m/m/ —— 14
@ =a <1+Ret/Rk 14

Where, Turbulent Reynolds number, Re; = Z—Z

Model constants R, = 6, ag = %, Bi = 0.072,a; = 0.31

In the high-Reynolds-number form of the k- model, a* = a5, = 1
Again from eq. (13) model constant, a; = 0.31 and S is the modulus of mean rate of strain
tensor. The blending function F, is given below:

F, = tan(93) (15)

@, = max |2 (16)

vk 500u
0.09wy’ py2w

Where y is the distance to the next surface
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The values of turbulent Prandtl numbers for k and w are respectively o, and g, which are

given by
! (17)
o, =
g Fi/ox, + (1 —F1)/0k;
1
Oy (18)

"~ Fi/0u1+ (1= F)/0,;
Where, model constants are oy ; = 1.176, 03, = 1.0,0,; = 2.0,0,,, = 1.168, and the

blending function F; is given by

F, = tan(0¢%) (19)
_ vk 500u 4pk
B, = min [max <O.O9wy'py2w> ' aw_zD;yzl 20)
D is the positive portion of the crossdiffusion termD,,
D, =2(1—F) 1(6k+6k> (aw+aw) 21
1 10k 0k\ (0w OJw
Dt = 2 __<_ _) (_ _)’1 -10 22
@ max[ 'Daw,zoo 0x+6y 6x+0y 0 (22)
The turbulent source term H in Eq. (1) is:
0
0 “
H = 0 (23)
PR
Gy —Y, + D,

In the above equation, Gy, is the generation of turbulence kinetic energy due to mean velocity
gradients. G, represents generation of w.Yis the dissipation of turbulent kinetic energy, k due
to turbulence and Y, is the dissipation of w. These functions are determined as follows:

Gy = min(u,S?,10pB*kw) (24)
Where

B =B 11+ F(M,)] (25)
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4
.. |4/15+ (Re./Rg)
:Bi = :Boo 4 (26)
1+ (Re,/Rp)
* — * — ﬁ
Here, {* = 1.5, Rg =8, Bo = 0.09,Re; = o and
Compressibility function,
0 forM; < M,,
F(Me) = { M? — Mz for M, > M, @7
Where, M2 =22, a = \/yRT, My, = 0.25
Again from eq. (23):
Y, = pBrkw (28)
a
G, = U—kahere a=1.0 (29)
t
Y, = pfw? (30)
Where,
B =pi|1—-—2-0F(M,) (31)
Bi
Bi = F1fi1 + (1 — Fpi; (32)

pi1 = 0.075, B;, = 0.0828
The governing equations are discretized spatially using a Finite volume method of
second order scheme. For the time derivatives, an implicit multistage time stepping scheme,
which is advanced from time 7 to /+A¢ with a second order Euler backward scheme for
physical time and implicit pseudo-time marching scheme for inner iteration, is used. A time

step size of 10™ is sufficient for this type of unsteady computation.
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3.4 Descretization of Flow Domain

3.4.1 Create Geometry

To specify the NASA SC(2) 0714 supercritical airfoil geometry, list of vertices along
the surface was drawn by ICEM input in a preprocessing tool and these vertices were joined
to create two edges, corresponding to the upper and lower surfaces of the airfoil shown in

figure 3.2. Airfoil chord c is 0.1524 m.

pab bbb L bt s

.
B g

Figure 3.2: Airfoil surface with vertex data points

Top and bottom wall type boundary was created at 10c from the airfoil surfaces. The
upstream and downstream pressure far-field boundary was created at 10c and 21c¢ distance as
shown in the following figure .33. This spacing was considered sufficient to apply free steam

conditions on the outer boundaries

Figure 3.3: Far-field boundary around airfoil
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Coordinates of the far-field boundaries are shown in table 3.1:

Table 3.1: Coordinates of far-field boundary around airfoil.

Label x-coordinate y-coordinate
A c 10c
B 2lc 10c
C 21c 0
D 21c -10c
E C -10c
F -10c 0
G c 0
3.4.2 Meshing

The matter of grid generation is a significant consideration in CFD. The generation of

an appropriate grid of mesh is one thing; the solution of the governing flow equations over

such a grid is quite another thing.

7
l
/gf/ﬁﬁﬁ//////
o

.
.

_

%////

W

.

.

;

A

e

!
N

\\\%\\
.

w

\

Figure 3.4: Mesh generation around airfoil
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As seen from figure 3.4 that quadrilateral cells were used for this simple geometry
because they can be stretched easily to account for different flow gradients in different
directions. In the present case, the gradients normal to the airfoil wall are much greater than
those tangents to the airfoil. Consequently, the cells near the surface have high aspect ratios.
For viscous flow over the airfoil, finely spaced grid was constructed to calculate the details of
the flow near the airfoil.

The total number of grid is 51000 which give a grid independent solution.

i 2 Degree
. - SO o | —°— 7 Degree

0.81 P o2

0.78

0.75

0.72

0.69

0.68

——> MeanC,

0.66

30000 40000 51000 65000
~—> Noof grids

Figure 3.5: Grid independence test at 2° and 7° angle of attack for M.= 0.77

Grid independence test shown in figure 3.5 indicates that there is a variation of value
of mean C; among 30000, 40000 and 51000 grid number for 2° and 7° angle of attack. But for
51000 and 65000 grid number shows similar mean C; value of 0.73 for 2° angle of attack and
0.83 for 7° angle of attack. In order to avoid computational complexity for 65000 grids,

51000 grids were chosen for computational domain.
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Figure 3.6: Enlarge view of mesh generation around airfoil

Mesh was generated finely around mid chord to capture shock behavior correctly
(figure 3.6). As the value of wall y" in the wall-adjacent cells dictates how wall shear stress is
calculated, grid points were selected finely around the airfoil surface to correspond wall y*
value less than 1.The values of wall y" are dependent on the resolution of the grid and the

Reynolds number of the flow, and are defined only in wall-adjacent cells.
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3.5 Boundary Condition

For the present case, inlet and exit boundary of the domain was chosen as Pressure
far-field boundary. This boundary was used to model a free-stream compressible flow at
infinity, with free-stream Mach number and static conditions specified.

In some situations, it is appropriate to specify a uniform value of the turbulence
quantity at the boundary where inflow occurs. In most turbulent flows, higher levels of
turbulence are generated within shear layers than enter the domain at flow boundaries,
making the result of the calculation relatively insensitive to the inflow boundary values. For
this reason turbulence specification method was used.

To specify turbulent quantities in terms of the turbulent Intensity and Viscosity Ratio

was chosen for k-w model. The turbulence intensity is defined as the ratio of the root-mean-
square of the velocity fluctuations to the mean flow velocity. A turbulence intensity of 1% or
less is generally considered low and turbulence intensities greater than 10% are considered
high. Turbulence intensity was selected 1% and 5%, respectively for inlet and outlet zone.
The turbulent viscosity ratio is directly proportional to the turbulent Reynolds number. At the
free-stream boundaries of most external flows turbulent viscosity ratio is fairly small.
Typically, the turbulence parameters were set between 1 to 10. Turbulent viscosity ratio was

selected 5 and 10, respectively for inlet and outlet zone in the present numerical study.
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3.6 Overview of Flow Solver

CFD allows to choose one of the two numerical methods:

e Pressure-based solver

e Density-based solver

The pressure-based approach was developed for low-speed incompressible flows, while
the density-based approach was mainly used for high-speed compressible flows. However,
recently both methods have been extended and reformulated to solve and operate for a wide
range of flow conditions beyond their traditional or original intent.

In both methods the velocity field is obtained from the momentum equations. In the
density-based approach, the continuity equation is used to obtain the density field while the
pressure field is determined from the equation of state. On the other hand, in the pressure-
based approach, the pressure field is extracted by solving a pressure or pressure correction
equation which is obtained by manipulating continuity and momentum equations. Using
either method, the present CFD tool will solve the governing integral equations for the
conservation of mass and momentum, and for energy and other scalars such as turbulence and
chemical species. During our numerical analysis we used pressure based solver. To use the

pressure-based solver, retain the default selection of Pressure Based Solver.

3.6.1 Discretization Scheme

The present CFD tool provides Standard, PRESTO! Linear, Second order, Body Force
Weighted schemes for Pressure Interpolation Scheme where Second Order was selected for
this case. Again for Density, Momentum, Turbulent Kinetic Energy, Specific Dissipation
Rate, Energy equations have First Order Upwind, Second Order Upwind, QUICK and Third-

Order MUSCL. schemes. For all cases Second Order Upwind schemes were selected.
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When the flow is aligned with the grid (e.g., laminar flow in a rectangular duct
modeled with a quadrilateral or hexahedral grid) the first-order upwind discretization is
acceptable. When the flow is not aligned with the grid (i.e., when it crosses the grid lines
obliquely), however, first-order convective discretization increases the numerical
discretization error (numerical diffusion). For triangular and tetrahedral grids, since the flow
is never aligned with the grid, generally more accurate results are obtained by using the
second-order discretization. For quad/hex grids, better results using the second-order

discretization is obtained, especially for complex flows.

3.6.2 Pressure-Velocity Coupling Method

The present CFD tool provides four segregated types of algorithms: SIMPLE,
SIMPLEC, PISO, and Fractional Step (FSM). These schemes are referred to as the pressure-
based segregated algorithm. Steady-state calculations will generally use SIMPLE or
SIMPLEC, while PISO is recommended for transient calculations. In present CFD tool, using
the Coupled algorithm enables full pressure-velocity coupling, hence it is referred to as the
pressure-based coupled algorithm. This solver offers some advantages over the pressure-
based segregated algorithm. The pressure-based coupled algorithm obtains a more robust and
efficient single phase implementation for steady-state flows. For choosing Coupled, Courant

number had to be specified. For the present numerical study it was set at 10.

3.6.3 Explicit and Under-Relaxation Factors

The Relaxation Factor field defines the explicit relaxation of variables between sub-
iterations. The relaxation factors can be used to prevent the solution from diverging. They are
left at their default values, unless divergence is detected. If the solution diverges, the solution

is stabilized by lowering the relaxation factors.

39



3.6.4 Operating Condition

Operating pressure is significant for low-Mach-number compressible flows because
of its role in avoiding round off error problems Operating pressure is less significant for
higher-Mach-number compressible flows. The pressure changes in such flows are much
larger than those in low-Mach-number compressible flows, so there is no real problem with
round off error and there is no real need to use gauge pressure. The criteria for choosing a
suitable operating pressure are based on the Mach-number regime of the flow and the
relationship that is used to determine density. Due transonic regime and density according to

ideal gas law operating pressure was set to zero.

3.6.5 Computational Condition
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Following computational conditions were set up for the computational analysis:

M.=0.77.
a=2°, 3°, 4°, 5°, 6° and 7°.

At atmospheric condition, 7..= 300k, Py= 101325 Pa,

For air, p= 1.176674 kg/m’, u= 1.7894*10° N.s/m’, v,=267.2575 m/s for M.=0.77,

¢=0.1524 m.

Re = % =2.68 X 10°.
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3.6.6 FMG Initialization

The Full Multi Grid (FMGQG) initialization can provide initial and approximate solution
at a minimum cost to the overall computational expense. FMG initialization utilizes the FAS
Multi grid technology to obtain the initial solution. Starting from a uniform solution the FMG
initialization procedure constructs the desirable number of geometric grid levels using Full-
Approximation Storage (FAS) Multigrid. To begin the process, the initial solution is
restricted all the way down to the coarsest level. The FAS multigrid cycle is then applied
until a given order of residual reduction is obtained or the maximum number of cycles is
reached. The solution is then interpolated one grid level up and the FAS multigrid cycle is
applied again between the current level all the way down to the coarsest level. This process

will repeat until the finest level is reached.

3.6.7 Monitoring Solution Convergence

At the end of each solver iteration, the residual sum for each of the conserved
variables is computed and stored, thus recording the convergence history. This history is also
saved in the data file. On a computer with infinite precision, these residuals will go to zero as
the solution converges. On an actual computer, the residuals decay to some small value and
then stop changing. For the present case all residual value was set to .00001 for continuity, x

velocity, y velocity, energy, turbulent kinetic energy and specific dissipation rate.

3.6.8 Time Step Size

The sampling was done with time step size 0.0001 second with total time step 10000. In order

to verify time step size affectivity time step sensitivity test was done.
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Figure 3.7: Time step size sensitivity test for M., = 0.77, a = 3°

Time step size sensitivity test for 3° angle of attack shown in figure 3.7 indicates that
there is a variation of value of frequency of oscillation among 102, 10~ and 10 second time
step size. But time step size 10, 10 and 10 second shows similar frequency of oscillation
19.04 Hz. In order to avoid computational complexity for 10™ and 10 second time step size,

4 . . . .
10™ second time step size were chosen for iteration.
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CHAPTER 4

RESULTS AND DISCUSSION

4.1 Validation

Before going to the detail discussion of the present problem, the computational results
have been validated with the available experimental data. Computational validation has been
performed by comparing pressure coefficients over the supercritical airfoil for three different
conditions (a) M. = 0.72, a = 2.5% (b) M, = 0.74, a = 2.0° and (¢) M., = 0.74, a = 3.0°.
Experimental results are obtained from ref [26].

Figure 4.1 shows the distribution of pressure coefficient, C, along the airfoil surfaces
obtained both from the experiments and the computations for different buffet conditions. The
open square symbols are the experimental data and the closed circles are the computational
results. In general the trend of C, are same along the airfoil surfaces both from experiment
and the computations. The positions of the shock wave are also at the identical positions for
both experimental and computational cases. However, for M., = 0.72, o = 2.5°, computational
results are showing larger pressure drop than the experimental values on the upper surface of
the airfoil as shown in the Fig 3 (a). However, a good relation exists between the experiment

and present computational results for other conditions as shown in Figs. 3(b) and 3(c).
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Figure 4.1: Distribution of pressure coefficient along the airfoil surfaces; (a) M, =0.72, a =
2.5% (b) M, =0.74, a=2.0° and (c) M, = 0.74, o = 3.0°.
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4.2 Sequential Mach contour:

For free stream Mach number 0.77 and angle of attack 2°, 3°, 4°, 5°, 6°, 7° following
Mach contours have been found in a 2D analysis of NASA SC(2)-0714 supercritical airfoil.
4.2.1 Case: Angle of Attack 2°

During Mach contour study for M, = 0.77and o = 2° (figure 4.2) normal shock is
observed along mid chord position of airfoil. Free stream Mach number 0.77 is gradually
increased and forms supersonic region of Mach contour. At last local Mach number 1.40 is
reached just in front of normal shock with small region. Behind the shock wave to trailing
edge subsonic region is found for pressure wave and wake. For this case steady behavior of
the shock is observed hence no shock movement. Type 1 shock — boundary layer interaction
is detected proposed by Mundell and Mabey [59]. Attached flow region all over the upper

surface is observed.
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Figure 4.2: Contours of Mach number for M.= 0.77, a = 2°
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4.2.2 Case: Angle of Attack 3°

For Mach contour investigation with M, = 0.77 and a = 3° (figure 4.3 (a)) local Mach
number 1.45 is reached in front of shock wave which was found 1.40 for a = 2°. At this case
shock buffet is observed with small displacement which can be assured with fluctuated lift
and drag coefficient. From Mach contour in one cycle of flow oscillation it is observed that
from ¢ = 0/10 T to ¢ = 1/10 T the supersonic region of Mach contour is wide but from ¢ = 2/10
T tot = 7/10 T it becomes narrow again from ¢ = 8/10 7'to ¢t = 10/10 T it becomes wide. Type
1 shock — boundary layer interaction with attached flow region throughout the upper surface
is detected proposed by Mundell and Mabey [59]. No signification formation of vortex is

observed during this time period (figure 4.3 (b)).
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Figure 4.3 (a): Contours of Mach number (with filled) during one cycle of flow oscillation,
for M,=0.77, a = 3°.
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Figure 4.3 (b): Contours of Mach number (with line) during one cycle of flow oscillation, for

M, =0.77,a=3°.
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4.2.3 Case: Angle of Attack 4°
During this case following observations are found:

1. As seen from figure 4.4 (a) with same free stream Mach number 0.77 and a = 4°
maximum local Mach number shifts from 1.42 to 1.50 which was found 1.45 for a = 3°.
During one cycle oscillation period of flow cycle it is observed that local Mach number 1.50
1s reached in front of shock wave from ¢ = 0/10 T to ¢ = 3/10 T time instances, from ¢t =4/10 T
to t+ = 8/10 T time instances Mach number 1.42 and from ¢ = 9/10 7T to ¢t = 10/10 T time
instances local Mach number 1.50 is observed.

2. To find shock boundary layer interaction type proposed by Mundell and Mabey
[59], the observations are; Type 1 shock — boundary layer interaction is detected from ¢ =
0/10 Tto t=2/10 T, type 3 shock — boundary layer interaction is observed from ¢ =3/10 T to ¢
= 6/10 T and again type 1shock — boundary layer interaction is noticed from ¢t = 7/10 T'to ¢ =
10/10 T.

3. Attached flow region from ¢ = 0/10 7 to ¢ = 2/10 T throughout the upper surface,
separated flow region from ¢ = 3/10 T to ¢ = 6/10 T from shock position to trailing edge and
again attached flow region from ¢ = 7/10 T to ¢ = 10/10 T all over the upper surface is
observed.

4. During the separated flow region a bulge is observed (figure 4.4 (b)) which then
forms a new vortex and becomes larger. A secondary vortex is also formed at the vicinity of

trailing edge which coalesces and forms large separated flow region.
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Figure 4.4 (a): Contours of Mach number (with filled) during one cycle of flow oscillation,
for M, = 0.77, o = 4°.
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Figure 4.4 (b): Contours of Mach number (with line) during one cycle of flow oscillation, for

M,=0.77, a. = 4°.
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4.2.4 Case: Angle of Attack 5°
During this case following observations are found:

1. From figure 4.5 (a) local Mach number 1.50 is reached in front of shock wave from
t=0/10Ttot=5/10 T, from ¢t = 6/10 T to ¢t = 8/10 T Mach number 1.42 and from t=9/10 T
to t = 10/10 7' Mach number 1.50 is observed.

2. Type 1 shock — boundary layer interaction is detected from # = 0/10 7 and from ¢ =
8/10 T'to t = 10/10 T, type 2 shock — boundary layer interaction is observed from ¢ = 1/10 7 to
t =5/10 T and ¢ = 7/10 T time instance again type 3shock — boundary layer interaction is
noticed at = 6/10 T proposed by Mundell and Mabey [59].

3. Attached flow region is found at # = 0/10 T time instance throughout the upper
surface, separated flow region is observed from ¢ = 1/10 7 to ¢ = 7/10 T time instance on
shock position to trailing edge and again attached flow region from ¢ = 8/10 7'to t = 10/10 T
all over the upper surface is observed.

4. For this case also during the separated flow region a bulge is observed (figure 4.5
(b)) which then forms a new vortex and becomes larger. A secondary vortex is also formed at

the vicinity of trailing edge which coalesces and forms large separated flow region.
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Figure 4.5 (a): Contours of Mach number (with filled) during one cycle of flow oscillation,
for M, =0.77, o = 5°.
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Figure 4.5 (b): Contours of Mach number (with line) during one cycle of flow oscillation, for
M.=0.77, 0. = 5°.
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4.2.5 Case: Angle of Attack 6°
During this case following observations are found:

1. Local Mach number 1.55 is reached in front of shock wave (figure 4.6 (a)) from ¢ =
0/10 T to t = 4/10 T time instance, from ¢ = 5/10 T to ¢t = 8/10 T time instance Mach number
1.47 is reached and from ¢ = 9/10 T to ¢ = 10/10 T time instance Mach number 1.55 is
observed.

2. Type 1 shock — boundary layer interaction is detected at t = 0/10 T and from ¢ =
9/10 T to ¢t = 10/10 T time instance, type 2 shock — boundary layer interaction is observed
from ¢ = 1/10 T to ¢ = 4/10 T time instance and from ¢ = 7/10 T to ¢t = 8/10 T time instance.
Again type 3shock — boundary layer interaction is noticed at t = 5/10 7 and ¢ = 6/10 T time
instance proposed by Mundell and Mabey [59].

3. Attached flow region is found at # = 0/10 T time instance throughout the upper
surface, separated flow region from ¢ = 1/10 T'to ¢ = 8/10 T time instance from shock position
to trailing edge and again attached flow region from ¢ = 9/10 7T 'to ¢ = 10/10 7 time instance all
over the upper surface is observed.

4. Similar to the previous case, during the separated flow region a bulge is observed
(figure 4.6 (b)) which then forms a new vortex and becomes larger. A secondary vortex is
also formed at the vicinity of trailing edge which coalesces and forms large separated flow

region.
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Figure 4.6 (a): Contours of Mach number (with filled) during one cycle of flow oscillation,
for M,,=0.77, o = 6°.
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Figure 4.6 (b): Contours of Mach number (with line) during one cycle of flow oscillation, for

M,=0.77,a=6°.
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4.2.6 Case: Angle of Attack 7°
Following observations are found during this case:

1. Local Mach number 1.60 is reached (figure 4.7 (a)) in front of shock wave from ¢ =
0/10 T to ¢t = 2/10 T time instance, from ¢ = 3/10 T to ¢t = 8/10 T time instance Mach number
1.52 is reached and from ¢ = 9/10 T to ¢t = 10/10 T time instance Mach number 1.60 is
observed.

2. Type 2 shock — boundary layer interaction is observed from ¢t = 0/10 Tto t =3/10 T
time instance and from ¢ = 7/10 T'to ¢ = 10/10 T time instance. Again type 3shock — boundary
layer interaction is noticed at # = 4/10 7'to t = 6/10 T time instance proposed by Mundell and
Mabey [59].

3. Fully separated flow region from ¢ = 0/10 7 to + = 10/10 T time instances all over
the upper surface is observed.

4. For this situation also during the separated flow region a bulge is observed (figure
4.7 (b)) which then forms a new vortex and becomes larger. A secondary vortex is also

formed at the vicinity of trailing edge which coalesces and forms large separated flow region.
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Figure 4.7 (a): Contours of Mach number (with filled) during one cycle of flow oscillation,
for M,=0.77, a =7°.
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Figure 4.7 (b): Contours of Mach number (with line) during one cycle of flow oscillation, for
M,=0.77,a="17°.
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An overview for all of the cases are given below:

1. Shock oscillation occurs only on the upper surface of the airfoil.

2.t=0/10 T corresponds to the time instance at which lift coefficient C; is maximum
which reduces to minimum and increases further during the sequential time instances and at ¢
= 10/10 T it corresponds to maximum lift coefficient C,.

3. The shock motion is clearly seen. Due to shock/boundary layer interaction large
boundary layer separation occurs. The extension of separation region is time dependent.

4. The periodic motion of the shock leads to the development of a periodic wake. The
downstream movement of the shock produces pressure waves that interact with the trailing
edge and propagate upstream. The interaction of these waves with the shock leads to an
energy transfer that sustains the shock motion.

5. At t = 0/10 T time instance shock strength is maximum which moves to upstream
and reduces to minimum at downstream position. Shock strength increases further during the
sequential time instances and moves downstream and at ¢t = 10/10 T it corresponds to

maximum shock strength.
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4.3 Lift and Drag Coefficient

Comparing the C; during one second time period for different angle of attack with
same free stream Mach number 0.77 (figures 4.8), it was found that for angle of attack 2° no
shock induced oscillation was observed in Mach contour diagram, hence no oscillation of lift
coefficient is observed. From 3° as the oscillation starts lift coefficient also fluctuates with
low amplitude. For other increased angle of attack this oscillation take place with larger
amplitude. For 3° angle of attack it varies from 0.73 to 0.828 with a deviation of 0.049, for 4°
it varies from 0.632 to 1.02 with a deviation of 0.194. Again for 5°, 6°and 7° it varies from
0.594 to 1.12, 0.558 to 1.165 and 0.519 to 1.144 with a deviation of 0.263, 0 303 and 0 313

respectively.
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Figure 4.8: Evolution of lift coefficient C;at M, = 0.77; for (a) o = 2°, (b) o = 3°, (c) a = 4°,
(da=5°%)a=6°(fa=7°
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Drag coefficient results in figure 4.9 also shows that for 2° angle of attack there is

steady drag coefficient as there is no buffeting. During 3° angle of attack due to buffet

unsteady drag coefficient with little amplitude is observed. Further angle of attack increment

increases the fluctuation of drag coefficient. For 3° angle of attack C; varies from 0.06 to

0.071 with a deviation of 0.005, for 4° it varies from 0.062 to 0.108 with a deviation of 0.023.

Again for 5°, 6° and 7° it varies from 0.071 to 0.136, 0.083 to 0.16 and 0.094 to 0.175 with a

deviation of 0.033, 0.039 and 0.041 respectively.
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To understand the aerodynamic behavior with different angle of attack the parameters

are presented in following table 4.1.

Table 4.1: Comparison of C; and C,; with different angle of attack for M= 0.77.

Deviation Deviation
Angle of Mean Cy/
Mean C; | from Mean | Mean C; | from Mean
attack Mean Cy
Cl Cd
2° 0.73 0 0.05 0 14.6
3° 0.7787 0.0491 0.0657 0.0053 11.85
4° 0.826 0.1942 0.0854 0.023 9.672
5° 0.8571 0.2629 0.1036 0.0327 8.276
6° 0.8617 0.3035 0.1215 0.0389 7.091
7° 0.8313 0.3128 0.1345 0.0406 6.18

Due to shock buffeting phenomena there is no steady lift and drag coefficient, it will
be convenient to compare this significant parameter by measuring the mean value.

From the above table if we compare the value of mean lift coefficient with increased
angle of attack it is observed that from 2° to 6° Mean C;is increased. However, for 7° value
of Mean C; moves below the value of 5° angle of attack due to huge loss of energy and lift
force. Mean C, value increases with increment of angle of attack of 7°. Deviation from Mean

C;and Mean C, also shows increased deviation of C; and C; with increasing angle of attack.

Ratio of Mean C;to Mean C; shows that for steady state condition like for angle of
attack 2° it was 14.6. Due to shock buffeting from 3° this value was decreased rather than

increase. For other angle of attack it was continuously decreased and for 7° it was lowest.
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4.4 Pressure Coefficient Distribution along the Airfoil

Pressure coefficient is a dimensionless number which describes a relative pressure

throughout a flow field in fluid dynamics. It is represented as, Cp = i_P:}
Tov

2 (=)

. Every point in a

fluid flow field has its unique pressure coefficient. Pressure coefficient has been represented
graphically along the upper and lower surface of airfoil for angle of attack 2°, 3°, 4°, 5°, 6°
and 7° with free stream Mach number 0.77.

According to Xiao et al. [25] there are two opposing effects of the shock moving
upstream. The upstream movement of the shock, on a quasi steady basis, should lead to a
reduction in the shock Mach number and shock induced separation. On a dynamic basis, the
movement of the shock upstream should increase the velocity relative to the shock and the
shock Mach number, leading to an increase in shock induced separation. The net effect
during the upstream motion of shock appears to be that the shock strength slightly reduces
and the flow remains separated. The suction side which is upper side of airfoil is composed of
three main parts, the supersonic plateau, the spread compression due to the unsteady shock
wave and the recompression zone. The pressure side which is the lower side of airfoil is

characterized by the rear load caused by the specific airfoil curvature.
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4.4.1 Case : Angle of Attack 2°

For 2° angle of attack (figure 4.10) the suction side is composed of two main parts,
the supersonic plateau and the recompression zone, the spread compression zone is absent
due to the steady shock wave. Supersonic plateau zone extends from leading edge to 56% of
chord and the recompression zone extends to the rest of the airfoil surface up to trailing edge.

Minimum value of C, located before shock at 54.6% chord length with a value of -1.234.
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0 02 04 06 08 1
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Figure 4.10: C, distribution on upper and lower surface of airfoil for M,= 0.77, o = 2°

4.4.2 Case : Angle of Attack 3°

During one cycle of shock oscillation it is observed from C, distribution curve (figure
4.11) that from ¢ = 0/10 T time instance value of minimum C, along upper surface is -1.2956
and it continues to increase. At last time step of forward shock oscillation i.e. £ = 5/10 T value
of C, gains highest value along upper surface -1.2907. Due to weak buffeting this C, value
does not change significantly during one oscillation period. For 2° angle of attack value of
highest C, was -1. Which indicates that increased angle of attack decreases highest C, value.

This statement signifies increased lift coefficient with increased angle of attack
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Figure 4.11: C, distribution during one cycle of flow oscillation, on upper and lower surface
of airfoil for M, =0.77, a = 3°.
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4.4.3 Case : Angle of Attack 4°

During one cycle of shock oscillation it is observed from C, distribution curve (figure
4.12) that from ¢ = 0/10 T time instance value of minimum C,along upper surface is -1.3738
and it continues to increase. At last time step of forward shock oscillation i.e. # = 5/10 T value
of C, gains highest value along upper surface -1.318.

Suction side is composed of three parts, the supersonic plateau, the spread
compression due to the unsteady shock wave and the recompression zone. Due to forward
movement of shock from ¢ = 0/10 7 to £ = 5/10 T time instances supersonic plateau zone is
reduced. This behavior effects on lowest lift coefficient of the cycle. After the rest cycle of
oscillation from # = 6/10 T'to = 10/10 T time instances it again gains lowest C, and increased
supersonic plateau zone.

As the value of lift coefficient has a positive relationship between the areas covered
by C, distribution curve, the above figures show a good agreement with lift coefficient of

different time instances.
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Figure 4.12: C, distribution during one cycle of flow oscillation, on upper and lower surface
of airfoil for M= 0.77, a = 4°.
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4.4.4 Case : Angle of Attack 5°

During one cycle of shock oscillation it is observed from C, distribution curve (figure
4.13) that from ¢ = 0/10 T time instance value of minimum C, along upper surface is -1.427
and it continues to increase. At last time step of forward shock oscillation i.e. # = 5/10 T value
of C, gains highest value along upper surface -1.37. For 4° angle of attack value of highest C,
was -1.3738 and -1.318 for t = 0/10 T and ¢ = 5/10 T time step respectively. Which indicates
that increased angle of attack decreases highest C, value. This statement signifies increased
lift coefficient with increased angle of attack

For this case also suction side is composed of three parts, the supersonic plateau, the
spread compression due to the unsteady shock wave and the recompression zone. Due to
forward movement of shock from ¢ = 0/10 7 to ¢ = 5/10 T time instances supersonic plateau
zone is reduced. This behavior effects on lowest lift coefficient of the cycle. After the rest
cycle of oscillation from ¢# = 6/10 T to ¢ = 10/10 T time instances it again gains lowest C, and
increased supersonic plateau zone.

The above figures also show a good agreement between the value of lift coefficient

and the area covered by C, distribution curve for different time instances.
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Figure 4.13: C, distribution during one cycle of flow oscillation, on upper and lower surface
of airfoil for M, =0.77, a = 5°.
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4.4.5 Case : Angle of Attack 6°

During one cycle of shock oscillation it is observed from C, distribution curve (figure
4.14) that from ¢ = 0/10 T time instance value of minimum C, along upper surface is -
1.472and it continues to increase. At last time step of forward shock oscillation i.e. £ =5/10 T
value of C, gains highest value along upper surface -1.416. For 5° angle of attack value of
highest C, was -1.427and -1.37 for t = 0/10 T and ¢ = 5/10 T time step respectively. Which
indicates that increased angle of attack decreases highest C, value. This statement signifies
increased lift coefficient with increased angle of attack

Here also suction side is composed of three parts, the supersonic plateau, the spread
compression due to the unsteady shock wave and the recompression zone. Due to forward
movement of shock from ¢ = 0/10 7 to # = 5/10 T time instances supersonic plateau zone is
reduced. This behavior effects on lowest lift coefficient of the cycle. After the rest cycle of
oscillation from ¢ = 6/10 T'to = 10/10 T time instances it again gains lowest C, and increased
supersonic plateau zone.

The above figures also show a good agreement between the value of lift coefficient

and the area covered by C, distribution curve for different time instances.
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Figure 4.14: C, distribution during one cycle of flow oscillation, on upper and lower surface
of airfoil for M= 0.77, a = 6°.
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4.4.6 Case : Angle of Attack 7°

During one cycle of shock oscillation it is observed from C, distribution curve (figure
4.15) that from ¢ = 0/10 T time instance value of minimum C, along upper surface is -1.536
and it continues to increase. At last time step of forward shock oscillation i.e. # = 5/10 T time
instance value of C, gains highest value along upper surface -1.459. For 6° angle of attack
value of highest C, was -1.472 and -1.416 for t = 0/10 T and ¢ = 5/10 T time step respectively.
Which indicates that increased angle of attack decreases highest C, value. This statement
signifies increased lift coefficient with increased angle of attack

For this situation also suction side is composed of three parts, the supersonic plateau,
the spread compression due to the unsteady shock wave and the recompression zone. Due to
forward movement of shock from ¢ = 0/10 7 to ¢ = 5/10 T time instances supersonic plateau
zone is reduced. This behavior effects on lowest lift coefficient of the cycle. After the rest
cycle of oscillation from ¢# = 6/10 T'to ¢ = 10/10 T time instances it again gains lowest C, and
increased supersonic plateau zone.

For this case the above figures also show a good agreement between the value of lift

coefficient and the area covered by C, distribution curve for different time instances.

73



15 L5 15 )
' ' : ' Upper Surf
| Upper Surface Upper Surface L pper Surface
osb L[ ] == Lower Surface 0s I —— ——-— Lower Surface 05 = ——— Lower Surface
N
s o S K
SR =T S 1 9 SN
- N i = N ] P N ]
4 Nt - ./ / ~.—~
0.5 7 -0.5 1 0.5 4
i i ]
! -1 1
15 15 15
02 04 06 08 ) 02 04 06 08 ) 02 04 06 08
x/c e x/c

(@) t=0/10 T (b)t=1/10 T ) t=2/10T

L5 [ w 15 15
! Upper Surface ! Upper Surface ! Upper Surface
0s —-—-—- Lower Surface 0s . —-—-— Lower Surface 05 —-——- Lower Surface
N e \ R ) = 1 N - N
¢, > ¢ - . g | .
/ ~L /7 N / ~L Ji
05— 0.5 0.5
i i !
1 -1 1
15 15 15
02 04 06 08 02 04 06 08 02 04 06 08
x/c x/e x/c
(d)t=3/10T () t=4/10T (f)t=5/10T
15 /,\ 15 15
! Upper Surface ! Upper Surface ! Upper Surface
ok INL 1L 1 e Lower Surface 05 —-—-— Lower Surface 05 —-——- Lower Surface
T ~ AN s S N -~ I
S 7 3 o ~ ; & A
! - i N\ Ji e N,
/ S/ J1/ . / s
05 05— 05— —
| 1 |
1 -1 1
15 -L5 15
02 04 06 08 02 04 06 08 02 04 06 08
x/c x/e x/c

(2)t=6/10 T (h)t=7/10 T ()=8/10T

15 \ 15

! Upper Surface ! Upper Surface
05 L ——— Lower Surface 05 - —-—— Lower Surface

o A (S _IN
/./ N j /./' N /_!

05t - 057 =

ap 1 !
15 15

02 04 06 08 02 04 06 08
x/e x/c

() t=9/10T (k) t=10/10 T

Figure 4.15: C, distribution during one cycle of flow oscillation, on upper and lower surface
of airfoil for M= 0.77, a = 7°.
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4.5 Pressure History on Upper Surface of Airfoil

24 positions have been allocated along the upper surface of the airfoil. All static
pressure (P) has been converted non-dimensional by dividing with atmospheric pressure (Pp).
Non dimensional static pressure (P/Py) through the positions have been represented
graphically during 1second time period cycle.

4.5.1 Case : Angle of Attack 3°

Pressure history on upper surface of airfoil for 3° angle of attack is shown in figure
4.16. For angle of attack 3° mean value of dimensionless static pressure at leading edge is
found 1.449 with 0.18% deviation from mean value which drops slowly below atmospheric
pressure due to airfoil shape and creates low pressure region on upper surface of airfoil with
low oscillation upto 45% of chord length. At 47.5% of chord location deviation of P/Py
happens significantly which is 4.95 % of its mean value. At 52.5% of chord length deviation
of P/P, from its mean value is 21.21% which is maximum for this case and this deviation

decreases upto trailing edge. Frequency of oscillation is found 19.04 Hz.
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Figure 4.16: Non dimensional static pressure time histories at the upper surface of the airfoil
for the conditions M., = 0.77, o = 3°along the positions (a) x/c = 0, (b) x/c = 0.1, (¢) x/c = 0.2,
(d) x/c =0.25, (e) x/c = 0.3, (f) x/c = 0.325, (g) x/c = 0.35, (h) x/c = 0.375, (1) x/c = 0.4, (j) x/c
=0.425, (k) x/c = 0.45, (1) x/c = 0.475, (m) x/c = 0.5, (n) x/c = 0.525, (0) x/c = 0.55, (p) x/c =
0.6, (q) x/c = 0.625, (1) x/c = 0.65, (s) x/c = 0.675, (t) x/c = 0.7, (u) x/c = 0.75, (v) x/c = 0.8,

(W) x/c=0.9, (x) x/c = 1.
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4.5.2 Case : Angle of Attack 4°

Pressure history on upper surface of airfoil for 4° angle of attack is shown in figure
4.17. For angle of attack 4° mean value of dimensionless static pressure at leading edge is
found 1.433 with 0.65% deviation from mean value which drops slowly below atmospheric
pressure due to airfoil shape and creates low pressure region on upper surface of airfoil with
low oscillation upto 32.5% of chord length. At 35% of chord location deviation of P/P,
happens significantly which is 12 % of its mean value. At 55% of chord length deviation of
P/P, from its mean value is 30.63% which is maximum for this case and this deviation
decreases upto trailing edge. Frequency of oscillation is found 19.31 Hz which was 19.04 Hz
for 3° angle of attack. So, it is seen that due to increased angle of attack frequency of

oscillation also increases.
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Figure 4.17: Non dimensional static pressure time histories at the upper surface of the airfoil
for the conditions M., = 0.77, o = 4°along the positions (a) x/c = 0, (b) x/c = 0.1, (¢) x/c = 0.2,
(d) x/c =0.25, (e) x/c = 0.3, (f) x/c = 0.325, (g) x/c = 0.35, (h) x/c = 0.375, (1) x/c = 0.4, (j) x/c
=0.425, (k) x/c = 0.45, (1) x/c = 0.475, (m) x/c = 0.5, (n) x/c = 0.525, (0) x/c = 0.55, (p) x/c =
0.6, (q) x/c = 0.625, (1) x/c = 0.65, (s) x/c = 0.675, (t) x/c = 0.7, (u) x/c = 0.75, (v) x/c = 0.8,

(W) x/c=0.9, (x) x/c = 1.
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4.5.3 Case : Angle of Attack 5°

Pressure history on upper surface of airfoil for 5° angle of attack is shown in figure
4.18. For angle of attack 5° mean value of dimensionless static pressure at leading edge is
found 1.416 with 0.97% deviation from mean value which drops slowly below atmospheric
pressure due to airfoil shape and creates low pressure region on upper surface of airfoil with
low oscillation upto 25% of chord length. At 30% of chord location deviation of P/Py
happens significantly which is 24.06 % of its mean value. At 55% of chord length deviation
of P/P, from its mean value is 35.21% which is maximum for this case and this deviation
decreases upto trailing edge. Frequency of oscillation is found 20.45 Hz which was 19.31 Hz
for 4° angle of attack. In this case also due to increased angle of attack frequency of

oscillation also increases.
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Figure 4.18: Non dimensional static pressure time histories at the upper surface of the airfoil
for the conditions M.= 0.77, a = 5° along the positions (a) x/c = 0, (b) x/c = 0.1, (¢) x/c = 0.2,
(d) x/c =0.25, (e) x/c = 0.3, (f) x/c = 0.325, (g) x/c = 0.35, (h) x/c = 0.375, (1) x/c = 0.4, (j) x/c
=0.425, (k) x/c = 0.45, (1) x/c = 0.475, (m) x/c = 0.5, (n) x/c = 0.525, (0) x/c = 0.55, (p) x/c =
0.6, (q) x/c = 0.625, (1) x/c = 0.65, (s) x/c = 0.675, (t) x/c = 0.7, (u) x/c = 0.75, (v) x/c = 0.8,
(W) x/c=0.9, (x) x/c = 1.
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4.5.4 Case : Angle of Attack 6°

Pressure history on upper surface of airfoil for 6° angle of attack is shown in figure
4.19. For angle of attack 6° mean value of dimensionless static pressure at leading edge is
found 1.398 with 1.26% deviation from mean value which drops slowly below atmospheric
pressure due to airfoil shape and creates low pressure region on upper surface of airfoil with
low oscillation upto 10% of chord length. At 20% of chord location deviation of P/Py
happens significantly which is 25.59 % of its mean value. At 52.5% of chord length deviation
of P/Py from its mean value is 37.91% which is maximum for this case and this deviation
decreases upto trailing edge. Frequency of oscillation is found 20.79 Hz which was 20.45 Hz
for 5°angle of attack. In this case also due to increased angle of attack frequency of

oscillation also increases.
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Figure 4.19: Non dimensional static pressure time histories at the upper surface of the airfoil
for the conditions M, = 0.77, a = 6° along the positions (a) x/c =0, (b) x/c = 0.1, (¢) x/c = 0.2,
(d) x/c =0.25, (e) x/c = 0.3, (f) x/c = 0.325, (g) x/c = 0.35, (h) x/c = 0.375, (1) x/c = 0.4, (j) x/c
=0.425, (k) x/c = 0.45, (1) x/c = 0.475, (m) x/c = 0.5, (n) x/c = 0.525, (0) x/c = 0.55, (p) x/c =
0.6, (q) x/c = 0.625, (1) x/c = 0.65, (s) x/c = 0.675, (t) x/c = 0.7, (u) x/c = 0.75, (v) x/c = 0.8,

(W) x/c=0.9, (x) x/c = 1.
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4.5.5 Case : Angle of Attack 7°

Pressure history on upper surface of airfoil for 7° angle of attack is shown in figure
4.20. For angle of attack 7° mean value of dimensionless static pressure at leading edge is
found 1.381 with 1.52% deviation from mean value which drops slowly below atmospheric
pressure due to airfoil shape and creates low pressure region on upper surface of airfoil with
low oscillation upto 10% of chord length. At 20% of chord location deviation of P/Py
happens significantly which is 36.22 % of its mean value. At 37.5% of chord length deviation
of P/P, from its mean value is 39.96% which is maximum for this case and this deviation
decreases upto trailing edge. Frequency of oscillation is found 21.55 Hz which was 20.79 Hz
for 5°angle of attack. In this case also due to increased angle of attack frequency of

oscillation also increases.
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Figure 4.20: Non dimensional static pressure time histories at the upper surface of the airfoil
for the conditions M., = 0.77, a = 7° along the positions(a) x/c = 0, (b) x/c = 0.1, (¢) x/c = 0.2,
(d) x/c =0.25, (e) x/c = 0.3, (f) x/c = 0.325, (g) x/c = 0.35, (h) x/c = 0.375, (1) x/c = 0.4, (j) x/c
=0.425, (k) x/c = 0.45, (1) x/c = 0.475, (m) x/c = 0.5, (n) x/c = 0.525, (0) x/c = 0.55, (p) x/c =
0.6, (q) x/c = 0.625, (1) x/c = 0.65, (s) x/c = 0.675, (t) x/c = 0.7, (u) x/c = 0.75, (v) x/c = 0.8,
(W) x/c=0.9, (x) x/c=1.
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To compare the frequency of oscillation for different angle of attack of the present study, a

comparison table is given below:

Table 4.2: Comparison of frequency of oscillation with different angle of attack for M, =
0.77.

Angle of attack Frequency of oscillation (Hz)
3° 19.04
4° 19.31
5° 20.45
6° 20.79
7° 21.55

From the above table it is evident that with increased angle of attack frequency of
oscillation of the shock wave on the upper surface of airfoil is also increased due to the
higher intensity of oscillation. This behavior signifies higher fatigue load on airfoil surface

during buffeting at higher angle of attack.
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4.6 Root Mean Square of Pressure Distribution

Due to the unsteady phenomena of static pressure from the pressure history curve of
airfoil upper surface, it has become essential to find out highest pressure prone area along the
airfoil. For proper calculation root mean square of pressure is an effective one. The unsteady
root mean square of pressure (RMS) oscillations are evaluated to identify intensified pressure

position from 2° to 7° pitching condition. Prms is calculated as

=\2
(Pi—P) _ pi
, Where P = lel;

Prms = =17

according to Hasan et al. [60]. The value of Prms is non-dimensionalized and plotted along

chordwise location of airfoil which is shown in figure 4.21.
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Figure 4.21: Non-dimensional root mean square of static pressure, Prms/py distribution along
the airfoil upper surface for different angles of attack and M..= 0.77.
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As there is no shock oscillation for 2° of angle of attack, there is no Prms over the airfoil. It
appears for 3° angle of attack from leading edge with a non dimensional constant value of
0.0085 upto 45% of chord position which indicates very low pressure oscillation around this
region. After 45% of chord location there is sudden rise of Prms/py having pick value of
0.251 at 52.5% chord location. This signifies large pressure fluctuation and intensity at this
location. Further movement upto trailing edge shows sudden drop of Prms/pjat 60% chord
location which decreases slowly ahead of 95% chord location. At 95% of chord location there
is a tendency to sudden rise of Prms/pyis observed with a value of 0.034due to pressure
fluctuation for the result of vortex formation at this separated flow region.

Further increase of angle of attack leads to forward movement of intensified position
of airfoil along with the increment of Prms/py. For 4° angle of attack value of Prms/py
increases slowly upto 32.5% of airfoil with a value of 0.028. Behind this location Prms/p,
value increases suddenly to 0.372 at 52.5% of chord position. This is the most pressure prone
area for this case. With advancement upto trailing edge shows decrease of Prms/py value
ahead 95% of chord location. For this case also at 95% of chord location sudden rise of
Prms/powith a value of 0.123 is observed due to tendency of vortex formation which is not
significant.

For 5° angle of attack a non dimensional value of Prms 0.033 is observed at 25% of
chord position which indicates very low pressure oscillation around this region. After 25% of
chord location there is sudden rise of Prms/p, having pick value of 0.427 at 45% chord
location. This signifies large pressure fluctuation and intensity at this location. Further
movement upto trailing edge shows sudden drop of Prms/py at 62.5% chord location which
decreases slowly ahead of 95% chord location. At 95% of chord location there is a tendency
to sudden rise of Prms/py is observed with a value of 0.136 due to pressure fluctuation for the

result of vortex formation at this separated flow region.
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Further increase of angle of attack leads to forward movement of intensified position
of airfoil along with the increment of Prms/py. For 6° angle of attack value of Prms/py
increases slowly upto 10% of airfoil with a value of 0.037. Behind this location Prms/p
value increases suddenly to 0.457 at 37.5% of chord position. This is the most pressure prone
area for this case. With advancement upto trailing edge shows decrease of Prms/p, value
ahead 95% of chord location. For this case also at 95% of chord location sudden rise of
Prms/py having value of 0.129 is observed due to vortex formation.

For 7° angle of attack a non dimensional value of Prms 0.051 is observed at 10% of
chord position which indicates low pressure oscillation at this region. After 10% of chord
location there is sudden rise of Prms/py having pick value of 0.47 at 32.5% chord location.
This signifies large pressure fluctuation and intensity at this location. Further movement upto
trailing edge shows sudden drop of Prms/py at 60% chord location which decreases slowly
ahead of 90% chord location. At 90% of chord location there is a tendency to sudden rise of
Prms/py is observed with a value of 0.118 due to pressure fluctuation for the result of vortex
formation at this separated flow region.

At last we can draw at overview that for 3°, 4°, 5°, 6° and 7° angle of attack most
shock intensified areas are located at 52.5%, 52.5%, 45%, 37.5% and 32.5% of chord length

respectively which is significant parameter to control shock buffet.
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4.7 Shock position

The non-dimensional static pressure distribution at different time instances along
upper wall during one period is shown. Shock location is seen from the same figure where
due to shock wave static pressure jump is observed. As no buffeting is observed for 2° angle
of attack shock location is in a steady condition throughout time space. But for 3°, 4°, 5°, 6°
and 7° angle of attack shock location moves periodically. During ¢ = 0/10 T time step shock
position is rear side of airfoil as time progress shock moves to forward side. At half time of
the cycle shock location is most forward side and becomes weaker. Shock moves to rear side

during the last half cycle.

4.7.1 Case : Angle of Attack 2°
For this case as no shock buffet is observed, shock wave occurs in a steady state
condition throughout time progress. Shock location is observed at about 56% of chord

location of airfoil (figure 4.22).

1.6 T T T T T T T T T T T
1.4+ -1
1.2 -

0.8 -
0.6 -
0.4 -

0.2 i 1 n 1 n 1 n 1 n 1 n 1

x/c

Figure 4.22: Shock wave location along the upper surface for M, =0.77, o = 2°
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4.7.2 Case : Angle of Attack 3°

From graph of non-dimensional static pressure distribution over chord (figure 4.23).it

1s found that from # = 0/10 T to t = 5/10 T time instances shock occurs at about 53.4%, 52%,

50%, 48%, 47% and 46.5% of chord length respectively. During the rest half cycle the shocks

occur on the same chord length So, it can be concluded that the width of shock movement is

limited to 46~54% of chord length.
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Figure 4.23: Unsteady shock wave movement during (a) 1st half cycle, (b) 2nd half cycle; of

an oscillation along the upper surface for M, = 0.77, a = 3°
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4.7.3 Case : Angle of Attack 4°

From the graph of non-dimensional static pressure distribution over chord shown in

figure 4.24 it is observed that from # = 0/10 T to # = 5/10 T time instances shock occurs at

about 57.8%, 53%, 46.4%, 40%, 35.8% and 34.2% of chord length respectively. During the

rest half cycle the shocks occur on the same chord length. So, it can be concluded that the

width of shock movement is limited to 34~58% of chord length. This shock movement zone

is considered for control purpose of unsteady shock.

During 3° angle of attack this zone was limited to 46~54% of chord length. This data

signifies that unsteady shock wave move forward or shock wave occurs early due to

increased angle of attack.
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Figure 4.24: Unsteady shock wave movement during (a) 1st half cycle, (b) 2nd half cycle; of
an oscillation along the upper surface for the conditions M.,= 0.77, a = 4°
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4.7.4 Case : Angle of Attack 5°

From graph of non-dimensional static pressure distribution over chord (figure 4.25) it

i1s found that from ¢ = 0/10 T to t = 5/10 T time instances shock occurs at about 56.9%,

51.7%, 42.9%, 33.4%, 27.7% and 25.03% of chord length respectively. During the rest half

cycle from = 6/10 T to = 10/10 T time instances shock appears 25%, 26.7%, 38.8%, 51.3%

and 56.9% of chord length respectively. So, it can be concluded that the width of shock

movement is limited to 25~57% of chord length.

For 4° angle of attack it was limited to 34~58% of chord length. This behavior also

signifies that shock occurs early position prior to 4° angle of attack and shock oscillation

region also expands.
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Figure 4.25: Unsteady shock wave movement during (a) 1st half cycle, (b) 2nd half cycle; of

an oscillation along the upper surface for the conditions M., = 0.77, a =5°
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4.7.5 Case : Angle of Attack 6°

From graph of non-dimensional static pressure distribution over chord (figure 4.26) it

1s found that from # = 0/10 T to t = 5/10 T time instances shock occurs at about 53%, 49.5%,

39.5%, 29.2%, 21.4% and 18.4% of chord length respectively. During the rest half cycle the

shocks occur on the same chord length. So, it can be concluded that the width of shock

movement is limited to 34~58% of chord length. The width of shock movement is limited to

18~53% of chord length.

For 5° angle of attack it was limited to 25~57% of chord length. This phenomenon of

6° angle of attack also signifies the similar behavior that shock occurs early position prior to

5° angle of attack. Also shock oscillation region for this case is wider than 5° angle of attack.
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Figure 4.26: Unsteady shock wave movement during (a) 1st half cycle, (b) 2nd half cycle; of

an oscillation along the upper surface for the conditions M., = 0.77, a = 6°
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4.7.6 Case : Angle of Attack 7°

From graph of non-dimensional static pressure distribution over chord (figure 4.27) it

i1s found that from ¢ = 0/10 T to £ = 5/10 T time instances shock occurs at about 41.8%,

33.9%, 24.3%, 16%, 12.2% and 10% of chord length respectively. During the rest half cycle

from ¢t = 6/10 T to = 10/10 T time instances shock appears 12.2%, 26.7%, 38.1%, 45.1% and

42.5% of chord length respectively. So, it can be concluded that the width of shock

movement is limited t 10~46% of chord length.

For 6° angle of attack it was limited to 18~53% of chord length. This behavior of 7°

angle of attack also signifies that shock occurs early position prior to 6° angle of attack.
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Figure 4.27: Unsteady shock wave movement during (a) 1st half cycle, (b) 2nd half cycle; of
an oscillation along the upper surface for the conditions M,= 0.77, a = 7°
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4.8 Shock control with bump

10%¢

2% ¢

€

Figure 4.28: Bump geometry and shape on airfoil.

In order to control shock buffet a passive control technique ‘Shock Control Bump’ is drawn
in a preprocessing tool and observed the aerodynamic behavior on airfoil numerically. The
bump shape is like ‘semi-circular’ whose height is 2% of airfoil chord and length is 10% of
airfoil chord (figure 4.28). Bump location was placed in such a way that its peak point is
located on that location where non-dimensional root mean square of pressure value is highest.

Following table 4.2 shows the bump location on airfoil for different angle of attack.

Table 4.3: Location and width of bump with different angle of attack for M,.= 0.77

Angle of attack Forward location of | Rearward location of Length of bump
bump in (%) of chord | bump in (%) of chord in (%) of chord

3° 48 58 10

4° 48 58 10

5° 40 50 10

6° 35 45 10

7° 27 37 10
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4.8.1 Mach contour

To control shock buffet over supercritical airfoil bump is introduced and observed its
effectiveness. For same free stream Mach number and different angle of attack bump was
positioned at different location of airfoil by investigating mean shock wave position and
shock wave movement. Though bump shape and size has different affectivity on controlling
shock buffet, bump with similar shape and size was used to compare the shock control
behavior by moving there position according to shock intensity with different angle of attack.

To control shock buffet for M., = 0.77 and a = 3° a semi circular bump is created at
48-57% of chord length over the airfoil as mean shock location was found at 52.5% of chord
length and shock movement was identified on 46-54% of chord length. By fixing same
solving parameters as that was fixed in without bump condition its shock behavior was
numerically analyzed. At this case no shock buffet was observed (figure 4.29). From Mach
contour with bump over the airfoil normal shock wave is observed twice. One for airfoil itself
where 1.24 local Mach number is reached and another one over the bump where local Mach
number 1.16 is reached which acts as small airfoil surface itself. Without bump condition
maximum local Mach number was 1.45. So, it can be concluded that for 3° shock induced

oscillation was controlled and local Mach number was also reduced by introducing bump.

Figure 4.29: Contours of Mach number with bump for M, = 0.77, a = 3°.
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To control shock buffet for 4° angle of attack with similar bump shape and size
positioned at 48-57% chord length as mean shock was found at 52.5% of chord length and
shock movement was limited to 34~58%. At this case Lamda type shock was observed with
maximum local Mach numberl.39 is reached in front of shock and shock became steady
(figure 4.30). Another small shock with maximum local Mach number 1.16 is observed. At
this case shock induced flow separation is observed. Without bump maximum local Mach
number was between 1.42 to 1.50. For this case also shock was controlled and maximum

local Mach number was reduced by introducing bump.

Figure 4.30: Contours of Mach number with bump for M., = 0.77, a = 4°.

During 5° angle of attack similar bump was positioned 40-50% of chord length as
mean shock was calculated at 45% of chord length and shock movement was limited to
25~57% of chord length. For this case normal shock became steady with maximum local
Mach number 1.32 (figure 4.31). Another normal shock with maximum local Mach
number1.24 is observed around bump. During unsteady condition without bump maximum
local Mach number was between 1.42 to 1.50. Shock induced flow separation is found

downstream of shock.
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Figure 4.31: Contours of Mach number with bump for M,, = 0.77, a = 5°.

For 6° angle of attack with similar bump Mach contour is observed in figure 4.32. At
this case bump was positioned at 35-45% of chord length as mean shock was found at 37.5%
of chord length with shock oscillation range of 18~53% of chord length. After numerically
computation normal shock with no buffeting was observed. Maximum local Mach number
reached to 1.47 and another shock with 1.24 Mach number was observed around bump. This
small shock wave has a significant interaction with main shock wave. For unsteady condition
it was between Mach number1.47 to 1.55. At this case, though the shock was controlled by
introducing bump maximum local Mach number could not be reduced. Shock induced flow

separation is observed here.

Figure 4.32: Contours of Mach number with bump for M., = 0.77, a = 6°.
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At 7° angle of attack with bump of same size and shape the Mach contour is
observed in figure 4.33. Bump was positioned at 27-38% of chord as mean shock was
found at 32.5% of chord length and shock movement was between 10~46% of chord
length. After numerical analysis steady shock was found with maximum local Mach
number 1.55 and another normal shock wave with 1.24 maximum local Mach number
around bump. During buffeting this was between 152-1.60. So, the shock oscillation is
controlled with bump but no help to reduce maximum local Mach number. Shock

induced flow separation is observed at this case.

Figure 4.33: Contours of Mach number with bump for M., = 0.77, a = 7°.

From the above situations and figures it is found that shock movement becomes stable
due to the insertion of bump in shock movement region over airfoil surface. The flow physics
regarding the stability of shock wave due to insertion of a bump is due to the pressure wave
which is generated from the shock wave is hindered by the bump of airfoil during the

oscillatory motion of shock wave.
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4.8.2 Lift and drag coefficient

Figure 4.34 shows lift coefficients with bump on airfoil for ls time period for
different angle of attack. Steady lift coefficient is observed which indicates that the shock
induced oscillation has been stopped for the exiting flow condition. Value of mean lift
coefficients without bump for angle of attack 3° to 7° respectively were 0 778, 0.825, 0.857,
0.861 and 0.831which then reduced to 0.322, 0.709, 0.631, 0.778 and 0.785 for inserting
bump. In all the cases value of lift coefficient becomes lower with bump insertion than
without bump condition of airfoil. These values of lift coefficients are dependent on the bump

position, size and dimension.
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Figure 4.34: Evolution of lift coefficient C; with bump at M, =.77; (a) o = 3°, (b) a = 4°, (c)
o=5°%(d)a=6°(c)a="7°.
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Value of drag coefficient after inserting bump becomes steady (figure 4.35) with

value of 0.066, 0.087, 0.124, 0.126 and 0.138 whose mean value were 0.065, 0.085, 0.103,

0.121 and 0.134 respectively without bump for 3°, 4° 5° 6° & 7° angle of attack

respectively. This value is also dependent with bump position.
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To compare the lift coefficient and drag coefficient without bump and bump for

different angle of attack of the present study, a comparison table is given below:

Table 4.4: Comparison of C; and C,; without bump and with bump for different angle of
attack at M= 0.77.

Without bump With bump
Angle of | Mean C; | Mean C; | Mean C;/ G Cy C/Cy
Attack Mean Cy
3° 0.778 0.065 11.850 0.322 0.066 4.754
4° 0.825 0.085 9.671 0.709 0.087 8.149
5° 0.857 0.103 8.275 0.631 0.124 5.082
6° 0.861 0.121 7.091 0.778 0.126 6.175
7° 0.831 0.134 6.179 0.785 0.138 5.688

From the table it is observed that ratio of lift to drag coefficient becomes lower with
bump in comparison with airfoil without bump from 3° to 7° angle of attack. It is also
observed that ratio of lift to drag coefficient value with bump condition is abrupt due to the

use of same bump size irrespective of angles of attack and shock intensity.
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4.8.3 Pressure coefficient

Maximum value of C, along upper surface for 3°, 4°, 5°, 6° and 7° with bump

condition are found -1.02, -1.28, -1.17, -1.42 and -1.47 respectively (figure 4.36).
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4.8.4 Shock location

Shock wave location with bump on airfoil for different angle of attack is presented in
figure 4.37. Shock location for 3°, 4°, 5°, 6° and 7° with bump condition are 20.4%, 35%,
24.3%, 25.5% and 19.4% respectively. Again, a small shock due to bump is observed around
bump, continuous pressure rises up to shock wave and sudden pressure drop just behind the
bump. This behavior of shock location can be controlled by proper bump shape and

dimension according to shock behavior.
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Figure 4.37: Steady shock wave location on upper surface of airfoil with bump for M., = 0.77,
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CHAPTER 5

CONCLUSION AND RECOMMENDATION

5.1 Conclusion

The present study has given some numerical observations regarding buffeting
phenomena of NASA SC(2)-0714 supercritical airfoil from angle of attack 2° to 7° for Mach
number 0.77.

> From observation of Mach contour it is found that at 2° angle of attack no
buffeting occurs whereas buffeting commences from 3° angle of attack to 7°. During this
buffet onset region shock induction becomes intense with gradual increment of angle of
attack with higher local Mach number, lift & drag coefficient fluctuation and shock induced
boundary layer separation This fluctuating higher local Mach number and shock creates
fatigue thermal stress and fatigue load on aircraft structure.

> Also from mean lift to drag coefficient ratio it is evident that higher angle of
attack during the buffet onset produces lower lift to drag coefficient which is a reverse
phenomena of normal aerodynamic behavior on airfoil.

> Pressure history of airfoil upper surface point shows higher pressure variation
around shock region. As the angle of attack is increased this fluctuation becomes higher with
increased frequency of oscillation.

> Angle of attack increment also effects on the shock movement region which
shows that higher angle of attack produces shock movement on a wider region.

> A passive means of buffet control device like bump was introduced at mean
shock wave position of airfoil to control shock induced oscillation and numerically observed

its effectiveness resulting steady shock for all angle of attack.
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> With bump insertion, ratio of lift to drag coefficient becomes lower with bump
in comparison with airfoil without bump from 3° to 7° angle of attack.
All of these observations from this paper contribute to design a supercritical airfoil

with increased efficiency, higher speed and better structural & thermal strength.
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5.2 Recommendation

Following recommendations are suggested for further work regarding similar
topics:
> In order to get more effective results numerically with similar study, 3D
computation can be done.
> The same computation can be done for various Mach number and angle of
attack to study the aerodynamic behavior for that condition and control its effectiveness.
> The computation can be performed with more accurate turbulence model like
large eddy simulations (LES) and direct numerical simulations (DNS) which is more
effective than RANS based SST k-® model.
> In this investigation it was not possible to identify the detrimental effect of
shock load on aircraft structure as this computational process was limited only to fluid
dynamics. Further improved computational method which can solve fluid dynamics and
structural analysis can be applied to get physical behavior.
> Bump shape and size that was introduced can be changed to get more efficient
aerodynamic behavior on airfoil.
> For effective control of buffet bump was introduced at different position at
different angle of attack. To maintain higher speed at different angle of attack without
buffeting a new mechanism may be invented where the bump will shift according to angle of

attack.
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